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ABSTRACT:

Damagetolerancerequirementsfor integrally-stiffenedcompositewingskinsare

typicallymetusingdesignallowablesgeneratedby testingimpact-damagedsubcomponents,

suchasthree-stringerstiffenedpanels.To improvethesestructures,it isnecessaryto evaluate

thecriticaldesignparametersassociatedwith three-stringerstiffened-panelcompressive

behavior.Duringrecentresearchanddevelopmentprograms,fourstructuralparameterswere

identifiedassourcesfor strengthvariation: (a)materialsystem,Co)stringerconfiguration,(c)

skinlayup,and(d) formof axialreinforcement(tapeversuspultrudedcarbonrods). Relative

effectsof theseparametersondamageresistanceanddamagetolerancewereevaluated

numericallyandexperimentally.Materialsystemandgeometricconfigurationhadthelargest

influenceondamageresistance;locationandextentof thedamagezoneinfluencedthe

sublaminatebucklingbehavior,failureinitiationsite,andcompressiveultimatestrength.A

practicalglobal-localmodelingtechniquecapturedobservedexperimentalbehaviorandhasthe

potentialto identifycriticaldamagesitesandestimatefailureloadspriorto testing.Morecareful

considerationshouldbegivento accuratesimulationof boundaryconditionsin numericaland

experimentalstudies.

KEYWORDS:

composite material, structure, damage tolerance, impact, compression, experimental,

numerical, wing, stringer
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Introduction

In thefieldof appliedcompositestructuralmechanics,agreatdealof timeandefforthas

beendevotedto ensuringthestructuralintegrityof aircraft components in the presence of low

velocity impact damage. The low velocity impact threat has long been viewed as the most

critical type of in-service damage for laminated composite structures_; thus all

certifying/specifying agencies have explicit impact damage requirements as part of their more

general static strength and/or damage tolerance rules [1-3]. Numerous publications have defined

the general problem and offered both experimental and analytical studies of various critical

variables [e.g., 4-10]. The purpose of this paper is to add to the current body of knowledge by

collecting available compression-after-impact (CAI) data from a variety of sources and

attempting to isolate and evaluate several key structural parameters. A brief description of

damage resistance, damage tolerance, and the generic three-stringer panel problem will be given

in the following introductory subsections, followed by a statement of the scope and objective of

this parametric study.

Damage Resistance and Damage Tolerance

The framework for this study is set by regulatory static strength and damage tolerance

requirements and accepted methods of quantifying damage and assessing its criticality.

Specifically, such a regulation is the Federal Aviation Administration (FAA) Advisory Circular

z Discrete source damage (DSD) from ballistic or uncontained engine failure threats is

another important damage tolerant design consideration. While DSD has sized large portions of

composite structure in fixed-wing aircraft designs, CAI has proven to be the main design driver

in Bell Helicopter military and civil tiltrotor aircraft.
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AC29-2B,"Certificationof TransportCategoryRotorcraft,"Section(g)(5),whichrequiresthat

"staticstrengthsubstantiationshouldconsider.., impactdamageexpectedduringserviceup to

theestablishedthresholdof detectabilityof thefield inspectionmethodsto beemployed."The

field inspectionmethodsareassumedto bevisual;thustheestablishedthresholdof detectability

iscommonlydefinedas"barelyvisibleimpactdamage"(BVID). BVID is quantifiedby

performingan impactsurveyonarepresentativestructureandchoosingaparticularenergylevel

ordentdepth,with concurrenceof theregulatoryorspecifyingagency.Usuallyanupperbound

energylevelof 135J (1200in.lb)is usedfor thickstructure,basedonaU.S.Air Forcestudyof

impactthreatssuchastoot-drop(someform of through-penetrationdamagetoleranceisrequired

for thin-gagestructure).

Notethatastructure'sresistance to damage is not relevant to flight safety. Only the

tolerance of undiscovered/unrepaired damage under flight conditions is of concern to the

regulator. Nonetheless, for substantiation purposes, as well as for economic durability reasons,

the damage resistance of a structure must be separately characterized, at least to the extent of

identifying a threshold of detectability. This characterization effort typically takes the form of

the above-noted impact damage survey. This survey introduces the first of several parameters,

which affects the resulting level of damage tolerance. These parameters are the boundary

conditions (in terms of both panel support and location relative to geometric details such as the

stringers and ply edges) for the impact events and the energy and tip geometry of the indenter.

The damage tolerance of a structure is determined by imposing the worst-case impact

damage (the location on the structure where the BVID energy-level is highest) and testing to

failure under the most critical loading condition, usually compression. The resulting strength or

strain to failure is then reduced to account for environmental and statistical effects, and used as a



specialdesignallowableoverthewholeexpanseof primarystructurerepresentedby thetested

configuration.

The Three-Stringer Panel Problem

In order to realistically simulate the boundary conditions of stiffened panel structures

(both for the impact event and subsequent residual strength testing), the common approach is to

provide one stringer and two adjacent skin bays for the test region, with a stringer on either side

to approximate the proper widthwise and skin-bay constraint. The length of the specimen is

determined by the maximum rib or frame spacing (assumed to be the worst case for compressive

stability). Panels are often flat rather than curved, in order to simplify specimen fabrication.

This simplification is generally assumed to be conservative (for curvature transverse to the

loading direction), since it should yield lower results than would a curved panel. Another

conservative simplification is in the form of end supports for the impact events. Specimen ends

are typically clamped in wooden forms or potted in epoxy casting material (required for

subsequent compression testing). Both of these end conditions are assumed to absorb less

energy from the impact event than deeper, less stiff rib or frame webs, thus imparting more

energy to the test panel than would be seen by the actual on-aircraft fuselage or wing panel.

Scope and Objective of the Parametric Study

The purpose of this paper is to identify and isolate several key parameters controlling the

structural efficiency of skin-stringer compressive panels meeting a given level of damage

tolerance. This study uses a compilation of available three-stringer compression-after-impact

data, and thus is not a designed experiment to isolate particular variables. Nonetheless, a study

of the available data combined with limited numerical verification allows certain conclusions to
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studiedrangesareshownin Table1. A schematicof atypicalI-beamskin-stringercross-section

is shownin Figure1,andrepresentativetape-androd-reinforcedhatsectionsshownin Figure2-

4. Thefollowingsectionsof thispaperdescribetheexperimentalandnumericalresults,and

provideasummarydiscussionandconclusions.

ExperimentalResults

Thissectionis separatedintodiscussionsof impactsurveyandcompressiontesting

results.Thethree-stringerpanelconfigurationsstudiedin thispaperaredescribedin Table2.

Notethatthenomenclaturewaschosenin orderto efficientlycapturethestateof theparametric

variables.

Damage Resistance

Impact surveys were conducted on a variety of three-stringer panels using apparatuses

such as that shown in Figure 5. The drop tower drops a 25-1b (11.3 kg) mass that has a 0.5 inch

(0.5 mm) spherical radius on the impactor. The panels are clamped to a table using the potted

ends for panels to be tested later or wooden end supports for the damage survey panels. Impact

surveys described in this paper were conducted at Bell Helicopter (Fort Worth, TX) and in the

NASA Langley Research Center (LaRC) Structural Mechanics Laboratory. These tests were

performed without dynamic instrumentation. Impact locations in the surveys were made along

the lengths of the specimens without regard to rib support location. During these impact surveys,

a number of widthwise locations were hit -- typically the skin, mid-stringer, flange termination,

plank ramp, and/or web-skin intersection. The results of all impact events were then judged

visually by engineering and in some cases Government representatives, and a somewhat



subjectivedeterminationwasmadeof thethresholdof visibility. Dentdepthwasnotmeasured.

Futuretestingwouldbenefitbothfrominstrumentationandcarefulcontrolof impactlocation

relativeto rib spacing,clamping,andstiffness.

Representativeexamplesof surveypanelsareshownin Figures6 and7. Contactpulse-

echoC-scans(colormapsof ultrasonicattenuation)wereperformedoneachimpactsiteandthe

perimeterof themaximumdelaminatedareamarkedinpen. In somecases,theareaandaspect

ratioof thismarkedregionwasmeasuredusingaplanimeter.Thepaneldescriptions,

compressiontestresults,andarealcharacterizationof theimpactdamagezones(asmeasuredon

theimpactsurveypanels,noton thetestspecimensthemselves)aregivenin Table3. As a

generalobservationfromthesurveypanels,it is apparentthatmaterialsystemandgeometric

configurationhadthelargestinfluenceondamageresistance.Thecombinationof geometric

configurationandendsupportessentiallydefinedtheboundaryconditionsfor the impactevent.

Finally,for thenumericalmodelingeffort reportedlaterin thispaper,additional

ultrasonicworkwasdone: time-of-flight(TOF)measurements.Thesemeasurementswere

performedonlyon thedamagesiteschosenfor analysisinorderto discriminatebetweenthe

individualdelaminations.Furtherdiscussionof thesedatais reservedfor thesubsequent

numericalresultssection.

Compressive Strength-After-Impact

A typical three-stringer compression test specimen is shown in Figure 8. Carbon/epoxy

doublers 4 inches (102 mm) long were bonded to the stringer caps and skin outer mold line

(OML) opposite the plank regions, and on the inside of the caps/flanges of the stringers. The

ends were potted in RP1220 potting compound, 1 inch (25 mm) thick, by the Bell Helicopter

Methods and Materials Lab. The potting was restrained in an aluminum frame made of 1 x 1



inch(25x 25mm)bar. Thepottedendswerethen ground flat and parallel to a tolerance of

0.005 inch (0.13 mm). Various configurations of strain gage, transverse LVDT, and Moir6

interferometry instrumentation were used. The specimens were tested either in the Bell

Helicopter Mechanical Test Lab or the NASA Langley Research Center Structural Test Lab. A

typical test configuration is shown in Figure 9.

Compression test results for each specimen are summarized in Table 3. Comparing

results for the I-stiffened panels IT1A and IT1B made from Hexcel 3501-6 resin system indicates

that interleaving adhesive layers between the local 0-deg plies added to the panels at the

stiffeners (see Figure 1) and the continuous +45-deg layers in the plank region of the skin

increased the failure strain by over 1200 _tE. However, a change in plank and stringer

configuration (IT1B to IT2B) decreases the failure strain by 1100 kte. Changing from the

untoughened 3501-6 resin system to the first-generation toughened 8552 resin (but without

adhesive interlayers) resulted in a much higher BVID threshold (500 in.lb (56 J) for IT1B versus

1000 in'lb (113 J) for IT1C), but also a larger damage area (noted by engineers but not quantified

in the IT1B data in Table 3). Thus the failure strain for the IT1C panels was 1600 kte lower than

IT1B and also somewhat lower (337 _te) than IT1A. Changing to the E7T1-2 toughened resin

system in the panels with an I-stiffener configuration (IT1D versus IT1 C) yields somewhat better

results (perhaps 620 _tE) relative to 8552, but still with a much higher BVID threshold. Note that

while higher BVID thresholds are desirable from an operational and supportability standpoint,

the toughened resins are penalized due to the visual-inspection-based BVID qualification

criterion.

Changing the reinforcement type in the soft skin/plank/hat-section configuration from

tape to carbon rod reinforcement (HT to HR) yields mixed results. A detailed examination of the



rod-reinforcedhat-sectionpanelsindicatedthattherodsin thefirst layerof the subcomponents

made from 8552 resin system (HR1C) were fractured by the 550 in.lb (62 J) and 1200 in.lb (136

J) impact events. When impacted with 250 in.lb (28 J) of energy to obtain BVID, the rod-

reinforced hat-section panel made from E7T1-2 resin system and with a (0/12/0) skin layup

(HR3D) did not have fractured layers under the impact site. However, when the (1/16/2) skin

layup was used (H*I *), both 8552 and E7T1-2 panels generally showed high failure strains

when the plank region was not severely impacted, and low strains to failure when it was.

Similarly, in the plankless hard-skin/hat configurations (HT4* and HT5*), the harder the skins,

the lower the failure strains. Finally, it is noted that the tougher 3900-2 and 5276-1 resins

outperformed the less tough 8552 resin system in the hard skin configurations; and the plankless

designs, overall, did better than the discretely stiffened soft-skin/plank configurations (i.e.,

internal ply dropoffs in planks caused pseudo-free-edge/Poisson effects that were detrimental to

skin compressive stability.

Typical strain results for the I- and hat-stiffened panels are shown in Figure 10a through

Figure 10f. Strain gage results for Specimen IT1D0, an undamaged I-stiffened panel, are shown

in Figure 10a for the centerline cross-section and Figure 10b for a cross-section at the quarter

point. Figure 10a indicates a small amount of bending in the center and one side stiffener and no

bending in the skin. The results shown in Figure 10b for a cross-section located at the quarter

point indicate bending in the skin and no bending in stiffeners. Strain gage results for Specimen

IT1D2, a panel that has been impacted with a 1000 in.lb (113 J) of energy near the skin and ramp

intersection, are shown in Figures 10b and 10c. Results shown in Figure 10c, for a cross-section

located at the center of the specimen, indicate bending in the skin and stiffener adjacent to the

impact site. Results shown in Figure 10d for a cross-section located at the quarter point indicate
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somebendingin theskinandstiffenerin thebayadjacentto theimpactsite. Straingageresults

for ahat-stiffenedpanel,SpecimenHT1D1,areshownin Figures10eand10f. Thispanelwas

impactedwith 400in.lb(45J) of energyontherampbetweenthehatflangeandtheskinto give

aBVID onskinside. Straingageresultsshownin Figure10eindicatebendingin theskinonthe

impactsideandalsoin thecenterstiffener.Theresultsatthequarterpointcross-section,shown

in Figure10f,indicatebendingin thecenterstiffenerandasmalleramountof bendingin the

outsidestiffener.ThelocalMoir6fringerpatternattheimpactsiteof specimenIT1D2ata load

of 328klbf (1.46MN), with thedelaminationperimetersuperimposedoverit, is shownin Figure

I 1. Notethehighlocalgradientsin out-of-planedisplacementdueto bothfiberdamagefromthe

indenteranddelaminatedsublaminatebuckling.

Typicalfailuresfor theI- andhat-stiffenedpanelsareshownin Figure12athrough

Figure12h.Thefailureof undamagedSpecimenIT1D0is showninFigures12aand12b.

Figure12ashowsthefailureontheskinsideof thetestspecimen,whiletheoppositesideis

shownin Figure12b.TheI-stiffenershavefailedasshownin Figure12b. Thefailureof

SpecimenIT1D2is shownin Figures12cand12d.Thefailureof theskinsideshownin Figure

12chasthesamepatternastheundamagedspecimenshownin Figure12aof two failurebands

or branchesmergingintoa singlebranchandthenextendingthroughtheimpactsite. Thefailure

on thestringersideisshownin Figure12d.Twostringershavefailedatonelocationwhile the

thirdstringerfailedat twolocationsandall of thestringershavedelaminatedfromtheskinfor

thefull lengthof thetestarea.Thefailureof SpecimenIT1D1is showninFigures12eand12f.

This specimen was impact damaged with 1000 in.lb (113 J) of energy at two locations as shown

in Figure 12e. The impact sites were on the ramp of the center stiffener at a quarter of the length

and on the centerline of the skin, located at the quarter point from the opposite end. The panel
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failedthroughthedamageontherampof thecenterstiffener.Eachstringerfailedatone

locationasshownin Figure12f. Thefailureof thedamagedhat-stiffenerspecimenis shownin

Figures12gand12h.Althoughtheskinhasmanybranchesto thefailure,noneof thebranches

intersecttheimpactdamage.All of thestiffenersfailedasshownin Figure12handalso

delaminatedatvariousplacesbetweenthestiffenerflange,theplankrunout,andtheskin.

Numerical Results

Global finite-element models were built at NASA in order to correlate the observed

geometrically nonlinear test results with numerical models that are suitably accurate yet yield

efficient elastic response (i.e., strain and displacement) prediction. Global, local, and/or

substructured (i.e., fine-grid) models were built at Bell in order to predict ultimate compression

strength after impact. The objectives of the NASA and Bell modeling were different, and the

results are discussed separately in the two following subsections.

Global Elastic Response Modeling

The finite-element mesh for an I-stiffened panel (Specimen IT1D0) is shown in Figure

13, and the mesh for the hat-stiffened panel (Specimen HT 1D 1) is shown in Figure 14. The

meshes shown in Figures 13 and 14 reflect the actual panel dimensions. Solutions from NASA

were generated using the STAGS (STructural Analysis of General Shells) Version 3.0 fmite-

element program [11]. MSC/PATRAN TM "was used for pre- and post-processing. The STAGS

models used Element 410, a four-node quadrilateral element. The applied boundary conditions

for the two global models are shown in Figure 15.

* MSC/PATRAN TM is a trademark of MSC Software Corporation, Los Angeles, CA.
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Comparisonsof measuredresponseandSTAGSpredicteddisplacementsandaxial

strains,for selectedlocations,areshownin Figures16athrough16dfor SpecimensIT1D0and

IT1D2andFigure17for SpecimenHT1D1. Theendshorteningof specimensIT1D0andIT1D2

asafunctionof appliedloadareshowninFigure16a.Thepredictedendshorteningisalso

shownin Figure16a.Theimpactdamagedoesnotaffecttheaxialstiffnessof specimenIT1D2.

Disregardingtheoffsetshownin theexperimentalresults,thereisagoodcomparisonbetween

thepredictedandexperimentalresults.Theout-of-planedisplacementatthecenterof the

specimens,onthetopof thestiffener,is showninFigure16bfor SpecimensIT1D0andIT1D2.

Thepredicteddisplacementatthepanelcenteris alsoshownin Figure16b.Theout-of-plane

displacement(filled squares)for thedamagedpanel(IT1D2)exceedsthedisplacementfor the

undamaged,whichwouldbeexpectedsincetheimpactdamageis adjacentto thecenterstiffener.

Theout-of-planedisplacementfor theundamagedpanelis lessthanpredicted,asshownin

Figure16b.Thepredictedandexperimentalstrainon thecenterstiffenerandskinatthequarter

pointin lengthisshownin Figure16c.Theexperimentalstrainexceedsthepredictedstrainat

failureby approximately1000_te.Very little bendingis indicated,atthispointin thepanel,in

eitherthepredictedor theexperimentalstrains.Thepredictedandexperimentalstrainin the

centerof theskinatthequarterpointin the lengthis shownin Figure16d.Thetestresults

indicatesomebendingin theskinatthenotedpoint. Theaverageexperimentalstrainexceeds

thepredictedstrainby approximately2000_tE.Thepredictedendshorteningfor ahat-stiffened

panelidenticalto SpecimenIH1D1is shownin Figure17. Theexperimentalresultsfor

specimenHT1D1arealsoshownin Figure17. Thetestpanelappearsto havealowerstiffness

thanthepanelin theanalysis,sincethepredictedvaluesfor strainanddeflectionarelessthanthe

testvalues.
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Thepredictedinitial bucklingloadfor anI-stiffenedpanel,SpecimenIT1DO,andahat-

stiffenedpanelidenticalto SpecimenHT1D1was693klbf (3.08MN) and669klbf (2.98MN),

respectively.Sincethepredictedbucklingloadismorethan150%of thefailureloads,failureby

globalbucklingwasnotconsideredfurther.

Fin e- Grid Strength -After-Impact Modeling

The objective of the fine-grid strength-after-impact modeling was to predict the

maximum load carried by the three-stringer panels. The following three subsections will (a)

overview the general numerical method, (b) describe the typically observed behavior for these

three-stringer panels, and (c) present the numerical results.

General Numerical Method. Finite-element analysis performed at Bell used

MSCfNASTRAN TM *Version 70.5 solution 106 [12]. MSC/PATRAN TM was used for pre- and

post-processing. The NASTRAN TM CQUAD4, RBE2 and CGAP elements were the primary

elements used. Microsoft ® Excel t Version 7.0 spreadsheets--developed under a Rotorcraft

Industry Technology Association project [13]--were used to automate the most labor-intensive

aspects of the local modeling and/or substructuring effort. For this CAI study, six different

three-stringer panel configurations were modeled. The Excel spreadsheets, collectively referred

to as the Structural Laminate Impact Computations (SLIC), automatically build MSC

NASTRAN TM geometric nonlinear finite-element models that capture the impact damage state

" MSC/NASTRAN TM is a trademark of MSC Software Corporation, Los Angeles, CA.

t Microsoft ® Excel is a registered trademark of Microsoft Corp., Redmond, WA.
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with multiplelayeredplatestiedtogetherwitheitherrigid bodyorcompression-onlygapcontact

elements.Thisapproachmakesseveralassumptions:

1. Nodelaminationgrowthoccurs prior to failure.

2. For damage that occurred directly on plank transition areas such as those shown in

Figures 1-3, open-hole compression (OHC) mean failure strain captures the local

pseudo-free-edge effects of ply dropoffs.

3. For panels that do not contain internal ply dropoffs, such as the hat-stiffened uniform

skin panels as shown in Figure 4, an unnotched laminate compression strain

allowable was used to establish the point of failure (for these panels, the hat flange

drops off abruptly and this geometry was adequately captured in the finite-element

model mesh).

4. The state of damage is repeatable (i.e., identical impact energy and location on an

identical panel, produces the same state of damage, and the test panels were assumed

to have the same damage state as the damage survey panels even though boundary

conditions including the proximity and degree of end support most likely varied).

5. Material response is assumed linear to failure, and geometry is the only contributor to

nonlinearity.

The local damage state used in the modeling was determined via contact pulse-echo

ultrasonic time of flight (TOF) measurements on the appropriate impact energy and location on

the damage survey panels. These scans provide data that shows the extent and depth of each

delamination. Typical TOF scan examples are shown in Figures 18 and 19, Figure 18 being a
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relativelylargedelaminationin an8552I-stiffenedpanel,andFigure19beingamuchsmaller

delaminationin atougher3900-2resin-systemhard-skin/hatconfiguration.Sincethelargest

delaminationis typicallyonthebacksideof thepanel,onesuchscanprovidesall the

informationrequiredto definetheshape,orientation,anddepthof all thedelaminations.The

colorscaleonthescanis thetimerequiredfor theultrasonicwaveto bounceoff andreturnfrom

thefirst interfacein the laminate.Thescaleis proportionalto depthor thickness(notethatthe

edgesof thedropped0°pliesin Figure18showupasachangeindepthasthedelamination

followstheplankcontour).Theoutersurfaceonthepanelmustbesmoothin orderto providea

consistentreferenceplanefor automatedTOF scans.Severaldamagesurveypanelshadarough

outersurfaceandcouldonly behandscanned.Sufficientdatawasgathered,however,with hand

scansto proceedwith theSLICanalysis.

As shownin Figures20and21,theelementdensityfor theglobalportionof themodel

wastypicallyabout0.4inch to 0.75inch(10mmto 19mm)usingCQUAD4elements.The

global/substructuredmodelof an I-stiffenedthree-stingerpanelis shownin Figure20,while

Figure21showsahat-stiffenedpanel.

increasedto about0.10inch(2.5mm).

In theproximityof the impactsite,theelementdensityis

Thisfine-meshedregionis duplicatedintomultiple

stacksof platesthatalignwith eachotherthroughthethicknessandencompasstheentire

damageregionandextendoutsomedistancebeyond,asshownin Figure22. Eachplatelayer

representsasublaminatewhoseboundariesaredefinedby thedelaminationinterfaces.The

extentof damageateachsublaminateinterfacecanbeindependentlydefinedasauniqueellipse

orientedatanalignmentangle.SLICautomaticallygeneratesa full or truncatedellipse.Any

othershapecanbe transferredfromthescansbymanualediting. CGAPgapelementsare

insertedinsidetheellipsesandtransferonly compressionforcesthatpreventthesublaminates
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frompassingthroughoneanother.R.BE2rigid bodyelementsarethenusedto connectthe

sublaminatesin theremainingfinemeshedareaoutsidethedamagezone.

Themodelscanbesetup to mntwoways. ]"hefirstis to runacoarsegridglobalmodel

with localdamageelementsofteningonly. A momentfringeplot is thensetup in PATP,2kNTM

with the fringe bounds set very tightly around zero. A positive moment then plots as one color,

while the negative moment region plots as another. The moment inflection lines are then

obvious. The local model is then built and run separately using the moment inflection lines as a

simplified loading boundary. This method is illustrated in Figure 23. The total number of

elements for a global three-stringer panel model using this technique is around 5 000 to 10 000

with around 20 000 to 30 000 degrees of freedom (DOF). The run times are between 30 and 100

central processing unit (CPU) minutes. The local model then contains about 10 000 to 20 000

elements with 20 000 to 80 000 DOF, and the run times go from 100 to 400 CPU minutes. This

method requires a careful consideration of local model boundary stiffness, especially for an

impact at an edge of a flange or a ramp.

panel.

It works best for damage isolated in the center of a skin

The second technique is to run the combined local and global model together, i.e.,

substructuring. This is the technique used in the models shown in Figures 20 - 22. The

substructuring version of SLIC builds one model and includes a mesh transition region or band

between the multilayer fine-grid mesh and the surrounding single-layer coarse elements. SLIC

generates a PATRAN TM session file that fully generates the combined model in approximately 10

to 20 minutes work time. This technique contains between 50 000 to 100 000 elements with 70

000 to 120 000 DOF and runs in about 500 to 1000 CPU minutes.
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In bothapproaches,theelementsattheimmediateimpactsitelocationaresoftenedto

representlocalmatrixcrackingandfiberdamage.This localimpactdamagezoneis idealizedas

aconethatgetsprogressivelylargerawayfromtheimpactside.The0.5-inch(13-mm)indenter

tip radiusandthedentdepth,if recorded,determinetheimpactdiameterof thecone.Thecone

angleis thenassumedto be45-deg.Themodelnowcontainstwomajorzoneswherestrainor

stressconcentrationscandevelop.Thefirst isalongtheoutsideedgesof thedelaminations

wherelocalbendingstrainscanbecomehigh,andthesecondis attheedgeof the localimpact

sitewhereloadwantsto locallyredistributearoundthesoft spot.

ThegeometricallynonlinearNASTRANTM solution 106 is typically set up to run in 10

load increments to 100% of the expected failure toad and then 10 more increments to 150%. The

model will usually reach a point where the solution becomes unstable. This point may not be the

actual point of final collapse. The next step is to query PATRAN TM for the highest axial strain

magnitude (i.e., in the direction of loading). Once the element is identified that has the highest

laminate-level axial strain magnitude, the maximum zero degree ply strain is calculated. This

strain is then compared to an average room temperature allowable. If this strain is lower than the

allowable, the model must be rerun with either finer load increments or a finer mesh in order to

get the model to run stable for a higher load. If the model strain is higher than the allowable, the

applied load is reduced by the ratio of worst minimum zero ply model strain over the strain

allowable.

Typically Observed Behavior. The typically observed failure modes for these three-

stringer panels are various types of buckling and load redistributions leading up to a final

compressive strength failure. Pure buckling and strength modes were not found in the three-
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stringerpanelsthatwereevaluated.Three-stringerpanelscontainmultipleloadpaths.If aweb

buckles,thestringerscantakeadditionalload. If asublaminatebuckles,otherparallel

sublaminateswill alsoreactadditionalload. As moreandmoreof theredundantloadpaths

becomesoftfrombuckling,theremainingstrainenergyconcentratesatanincreasingrateinto

thelaststableloadpaths.Finally,thepointof localfiber stabilityis exceededanda0-deg

compressive(or "kink-band")failureis initiated.Energyisreleasedby thefiber failureand

immediatelyoverloadstheadjacentfibers,leadingto asuddencollapse.Thisnonlinear

phenomenonis illustratedin Figure24 (andcapturedexperimentallyin theMoir6fringepattern

showninFigure11),andthenumberedeventsmayalsoberelatedto theexplodedviewof the

substructuredmodelin Figure22. ThenonlinearNASTRANanalysiswill reproducethe

progressivesublaminatebucklingphenomenon.Numericalinstabilitiesresultingin

nonconvergence,andsuspiciousfailuremodes(and/orlocations)wereoftenencountered,and

somejudgementwasrequiredin recognizingthemandcorrectlyadjustingthesolutionstepsize

inorderto overcomethem. By checkingthepost-processedpeakaxialstrainsattheendof a

solution,the loadandlocationatwhichthefinal kink-bandfailureoccursmaybeestimated.The

locationsof thesepeakstrains,within theunbuckledsublaminatewereobservedto varyfrom

oneconfigurationto another,butwerefoundeitheratthecenterof the impactsiteornearthe

edgeof adelaminationin asuccessfullyconvergedrun.

Detailed Parametric Model Results. Table 4 compares the experimental results to the

predicted failure load based on comparing peak local/substructured model axial strains with the

noted open hole compression (OHC) or no hole compression (NHC) mean room temperature

ambient (RTA) strain allowable. In general, the numerical agreement, within 20% in five of six

cases, is considered very good. While a priori knowledge of the experimental results was
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available for this modeling exercise, it only influenced the overall direction of the model-

building in the HT1D case, and blind comparisons with test data will be performed in the near

future. The single buckling failure prediction (HT5C) illustrates the caution required in

interpreting the nonlinear model results. As mentioned previously, a pure buckling failure is

indicative of a poorly converged or too coarsely meshed solution, and thus the tabulated result

for case HT5C should actually be discarded (it is only included to illustrate this point) and the

model re-run. Note also that the HT5C solution is the only unconservative numerical result.

There are several possible ways to improve the accuracy and reliability of this numerical

strength prediction method. Certainly characterizing with TOF measurements the delamination

actually present in the test panel would be an obvious improvement over the use of survey panel

impact sites and the assumption that the test panel damage was identical. A statistically

significant study of impact damage variability would also be useful. In addition, a pure

compression strain allowable was used in this study with a simple maximum strain failure

criterion. This was done in spite of the fact that the critical sublaminate often exhibited large

bending strains (and thus interlaminar shear stresses) and in-plane shear stresses as well,

depending on local geometric details. Thus, another obvious improvement would be to use a

failure criterion with compression-shear interaction.

Summary

This summary is separated into subsections: (a) discussing the merits and limitations of

the observed results, and (b) listing the conclusions.
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Discussion

A compilation of existing experimental three-stringer impact resistance and compression

after impact strength results allows several key design parameters to be evaluated. Since this

study was not a designed experiment, statistically rigorous conclusions were not necessarily

possible. Nonetheless, certain useful engineering assessments were able to be made. Most of

these conclusions merely confirmed common existing assumptions, such as the facts that tougher

resins yield smaller damage zones and higher detection thresholds, hard laminates have more

severe stress concentrations/strength knockdowns, and hat sections are more stable/efficient that

I-stiffeners. Since the local details of the damage zone strongly influence strength, careful

attention (perhaps in the form of dynamic instrumentation and thorough control of clamping and

impact location relative to panel edges) must be paid to boundary conditions for the impact

event. Finally, simply compiling and publishing this relatively large experimental data base (39

test panels) for future reference is useful to some extent.

A practical global-local modeling technique was utilized in order to capture observed

experimental elastic response and predict structural failure. An obvious improvement to this

technique would be a failure criterion with compression-shear interaction. In the future, this

numerical technique will allow the user to identify critical damage sites and estimate strength

with damage prior to testing.

Finally, a statistically significant study of impact damage variability would be useful

from both a certification/qualification support basis, and a confidence-in-modeling standpoint.

Another certification/qualification issue highlighted by this study is the strong sensitivity of

strength to damage zone size and, thus, to the definition of BVID. Hence, there seems to be

merit in considering damage resistance criteria alternatives to BVID.
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Conclusions

1. Materialsystemandgeometricconfiguration(i.e.,theboundaryconditionsfor the

impactevent)hadthelargestinfluenceondamageresistance.

2. Locationandextent(relativeto criticalgeometricdetailssuchasply edges)of the

damagezoneinfluencedthesublaminatebucklingbehavior,failureinitiationsite,and

compressiveultimatestrength.

3. Skinsublaminatestabilityandcompressionstrengthcontrolstructuralfailure.

4. Planksexhibiteddetrimentalpseudo-free-edge/Poissoneffectsonstrength.

5. Tougherresinsystemshadtobehit harderto reachtheirBVID threshold.

6. Sincethetougherresinsystemswerehit harder,theirCAI strengthwassimilarto the

morebrittle systems.

7. Rodpacksonly improvestructuralefficiencyin concertwith (0/12/0)skinsandwebs.

8. HatstiffenersaremorestablethanI-stiffeners.

9. Thenonlinearglobal-localfinite-element-basedstrengthpredictionsmatchthetest

datafairly well (i.e.,within 20%).
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TABLE 1- Parametricvariables
Parameter Initial Intermediate Intermediate Intermediate Final

Stiffenersection I ......... Hat
Skinlayup (0/12/0)a (1/16/2) ... (3/10/2) (10/10/2)
Planklayup none (4Rp/26/4)b (21/16/2)c (21/16/2) (35/32/2)
Resin 3501-6 8552 E7T1-2 3900-2 5276-1
Axial reinforcement Tape ......... Rodpaek

a Number of (0/+45/90) plies.

b Subscript "RP" denotes rodpack (pultruded carbon rods encapsulated in syntactic
adhesive rather than unidirectional tape layers).

Grade 05 FM300 adhesive layers above and below each 0-deg ply pack in plank.

TABLE 2 - Panel configurations

Nomen. Stiffener Skin a'° Web a Flange a Plank a Cap a Resin Tested

IT1A

IT1B

IT2B

IT1C

IT1D

HT1C

HT1D

HR1C

HR3D

HT4C

HT4E

HT5C

HT5E

HT5F

I, tape (1/16/2)

I, tape (1/16/2)

I, tape (1/16/2)

I, tape (1/16/2)

I, tape (1/16/2)

Hat tape (1/16/2)

Hat tape (1/16/2)

Hat rod (1/16/2)

Hat rod (0/12/0)

Hat tape (3/10/2)

Hat tape (3/10/2)

Hat tape (10/10/2)

Hat tape (10/10/2)

Hat tape (10/10/2)

(30/10/4) (15/5/2) (21/16/2) (30/10/4) 3501-6

(30/10/4) (15/5/2) (21/16/2) _ (30/10/4) 3501-6
(28/10/4) (14/5/2) (28/16/2) c (30/10/3) 3501-6

(30/10/4) (15/5/2) (21/16/2) (30/10/4) 8552

(30/10/4) (15/5/2) (21/16/2) (30/10/4) E7T1-2

(0/10/0) (0/10/0) (35/32/2) (36/30/0) 8552

(0/10/0) (0/10/0) (35/32/2) (36/30/0) E7T1-2

(0/9/1) (0/9/1) (4Rp/26/4) (4_/9/1) 8552

(0/10/0) (0/10/0) (4Rp/26/4) (4Rp/10/0) E7T1-2

(2V/8F/0) (2F/SF/0) ... (20T,2F/8F/0) 8552

(2F/BE/0) (2V/8F/0) ... (20T,2V/8F/0) 3900-2

(2r/8F/0) (2V/8F/O) ... (20T,2V/8V/0) 8552

(2F/8V/0) (2_/8F/0) ... (20T,2F/8r/0) 3900-2

(2F/8v/O) (2V/8r/O) ... (20T,2F/8r/0) 5276-1

2

2

2

3

3

3

1

2

4

3

3

3

3

5

a Number of (0/+45/90) plies; tape unless otherwise indicated (RP = rodpack or F = fabric).

b One ply of 45-deg fine-grade carbon fabric on IML, and one on OML not shown in

layups.

c Grade 05 FM300 adhesive layers above and below each 0-deg ply pack in plank.
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I I

I I-stiffener0 ° plies +45 ° Skin plies

......i i ,
II

i "

................ _.___-_,_--_-

Figure 1. - Schematic of a typical I-beam/plank/skin configuration

Cap

,Web

Plank
r .............. 1
I I
I I

Skin

Figure 2. - Schematic of a typical tape hat/plank/skin configuration



Figure 3. - Schematic of a typical rod-reinforced hat/plank/skin configuration

I

Cap

Flange

Figure 4. - Schematic of a typical tape hat/skin configuration



,Drop Tower

Test Specimen

Figure 5. - NASA Langley low-velocity drop tower



I-stiffened panel

Cut on these

'lines

(9 places)

Figure 6. - Three stringer IM7/E7T1-2 I-beam impact survey panel



Hat-stiffened panel

on lines

(9 places)

Figure 7. - Three stringer IM7/E7T1-2 tape hat impact survey panel



Figure 8. - Typical three stringer compression test specimen



Figure 9. - Typical three stringer compression test set-up

(Bell Helicopter Mechanical Test Lab)
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Figure l Oa.- Load-strain response at center cross-section of (undamaged) Specimen
ITIDO
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Figure 10b. - Load-strain response at cross-section located at

quarter point of Specimen IT 1DO
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Figure 10c. - Load-strain response at center cross-section of Specimen IT1 D2
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Figure 10d. - Load-strain response at cross-section located at quarter point of specimen IT 1D2
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Figure 10e. - Load-strain response at center cross-section of Specimen HT 1D 1
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Figure 1Of. - Load-strain response at cross-section located at quarter point of specimen HT 1D 1
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Figure 1 I. - Moir6 fringe pattern and delamination perimeter of specimen IT 1D2 at 328

kips



Figure12a.- Failurelocationonskinside
of SpecimenIT1D0.

Figure12b.- Failurelocationonstiffener
sideof SpecimenIT1D0.

Impact site

Figure 12c. - Failure location on skin side

of Specimen IT1D2.

Figure 12d. - Failure location on stiffener

side of Specimen IT 1D2.



Figure 12e. - Failure location on skin side

of Specimen IT1D1.

Figure 12f. - Failure location on stiffener

side of Specimen IT1D 1.

Figure 12g.- Failure location on skin side

of Specimen HT 1D 1.

Figure 12h. - Failure location on stiffener

side of Specimen HT1D1.
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Figure 13. - Three stringer I-beam finite element mesh
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Figure 14. - Three stringer hat/plank-stiffened finite element mesh
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Figure 15. - Global finite element boundary conditions
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Figure 16a. - Comparison of end shortening of panels with the predicted.
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Figure 16b. - Comparison of the out-of-plane displacement.
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Figure 16c. - Strain results on centerline stiffener.
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Figure 16d. - Strain results in the skin at the quarter point.
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Figure18.- TypicalTOFimagefor I-beam/plank/skindelaminatlon

Figure19.- TypicalTOFimagefor hard-skin/hatdelamination



Figure 20. - Substructured I-beam panel FE mesh

Figure 21. - Substructured hat-stiffened panel FE mesh
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Figure 23. - Illustration of global-local modeling approach
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